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Óscar Rodŕıguez Fernández

Abstract

As part of a Group Design Project in the MSc in AStronautics and Space Engineering
of Cranfield University a design study of Lunar Mission One has been carried.This
document contains the work developed in the Descent and Landing Work Package
for Lunar Mission One, a crowdfunded robotic mission that aims to drill on the
Lunar South Pole in the year 2024.

The objectives of the work presented here is to study and design a landing sequence
that allows the spacecraft to land on the desired landing location. In order to do
so, the requirements needed to land are derived and analysed here. Several landing
guidance logics has been studied and two control algorithms are proposed to conform
the descent sequence. This descent sequence is split in three phases: a braking phase,
an approach phase and a vertical constant velocity descent. A GNC scheme and
sensors for the descent are suggested. Those sensors include optical cameras, lidar
instruments and inertial measurement units.

The performance of the proposed solution is assessed by the development of a simu-
lator using MATLABr. The results show that the proposed solution is able to fulfil
all the requirements and a precise landing on the desired location is possible.
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Chapter 1

Introduction

1.1 Overview

Lunar Mission One (LMO) is the most inspirational Moon project since the Apollo
landings. It is the first crowd funded mission to the Moon [2] and, besides its scien-
tific goals, it has a strong educational element by promoting STEM subjects through
its global educational initiative. LMO will send an unmanned robotic spacecraft to
the Lunar South Pole by 2024 to perform world-leading science into the origin of
the Moon and the planets, drilling to a minimum depth of 20 m and it will create a
billion year archive of life on Earth.

The top-level science drivers for Lunar Mission One are [3]:

1. Understand the geochemistry/mineralogy of the lunar crust.

2. Characterize the impact history of the landing site and constrain the age of
the South Pole-Aitken Basin.

3. Understand the diversity and origin of lunar polar volatiles.

4. Constraint models of the lunar interior.

5. Characterize the lunar environment for future scientific exploitation and hu-
man exploration.

6. Identify resources for future human space exploration.

7. Assess the potential of the lunar surface as a platform for astronomical obser-
vations.

8. Science Education.

1
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1.2 Descent and Landing Work Package

As part of the LMO’s global education and public outreach programme, Cranfield
University is providing support to the mission technology through this Group Design
Project. The focus of the project is to design the whole mission from the engineering
point of view.

This reports collects the work developed in the Descent and Landing Work Package,
enclosed under the Mission’s top-level Work Package as shown in figure 1.1. Due to
the nature of the work developed here, close collaboration with the Orbits and the
Attitude and Orbit Control Subsystem (AOCS) Work Packages is needed.

Lunar Mission One

1000.
Systems

2000.
Mission

3000.
Mechanical

4000.
Electrical

5000.
Payload

2100. Launch

2200. Orbits

2300. AOCS

2400. Descent & Landing

2500. Sample Return

Figure 1.1: Work Break Down Structure of the project

The main objective of this WP is to identify, analyse and design all the operations
necessary to perform a successful landing in a previously chosen landing location in
the Moon’s surface. In order to achieve this goal, the main objective has been split
into several tasks. This tasks are listed below:

1. Analysis of the landing site location. The landing location will introduce a
series of constraints and requirements that will affect the overall mission.

2. Analysis and design of the landing strategy. Focusing on the development of
the landing Guidance, Navigation and Control Subsystem (GNC).

3. Analysis, design and/or selection of the hardware needed for landing.

Task 1 will be focused on the analysis of the top level requirements of the mission
and in the determination of the derived requirements that will affect not only the
Descent and Landing WP but also other WP in the project. Task 2 represents

2
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most of the work developed for this project. It is focused on the development of the
landing sequence. In order to do this, several guidance algorithms will be considered
in order to meet the requirements. The performance of these algorithms will have
a huge impact in the general budgets of the mission, especially in the propellant
mass budget and the ∆V budget. In task 3 the hardware needed for the mission
will be selected. When possible, Commercial off-the-shelf (COTS) components will
be suggested in order to minimize low TRL related risks and minimize the overall
cost of the mission.

1.3 Outline of the thesis organisation

In the second chapter of this report, the requirements of the mission will be presented
and analysed. Some further analysis of the landing site will be carried out in this
section. In chapter 3 an initial baseline for the descent will be updated and different
landing strategies will be derived and analysed. From this analysis a descent mission
scenerario will be established. Chapter four will be focus on the GNC scheme and
all the hardware needed for landing. A main propulsion system will be picked and
some concrete sensors suitable for this mission will be suggested. Special attention
will be put into the design of the mapping camera. In chapter 5, the development
of a simulator for the whole descent will be described. With the results from that
simulator, the performance of the chosen mission scenario will be assessed. Lastly,
chapter 6 serves a conclusion of the whole project and future steps are suggested in
case the project were to continue.

Besides the main body, 4 extra appendices are included. The first appendix is
an executive summary of the work developed in this report. Then, a common
appendix of the whole GDP project shows the relevant facts and figures for the whole
mission, and not only relevant for descent and landing. A third appendix shows extra
calculations to support the findings presented here. Finally, a compilation of the
suggested sensors’ datasheets is shown in appendix D.

3
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Chapter 2

Requirements

2.1 Mission Statement

As part of a Group Design Project (GDP), the first task of the team was to analyse
the information provided by Lunar Mission One in order to produce a mission state-
ment and to derive the mission requirements. More information about this process
can be found in [4]. The mission statement produced says:

To design an spacecraft that is able to land and drill on the lunar surface before
2024, deposit a time capsule and perform in situ scientific experiment for the

purpose of future scientific exploitation and human exploration within the budget of
$0.75 Bn

From this mission statement we can derive the main top level requirements that will
affect the Descent and Landing WP.

2.2 Descent and Landing Top-Level Requirements

As stated in [2], Lunar Mission One objective is to send a exploratory robotic mission
to the south polar region of the Moon. This objective provide the Descent and
Landing WP with its first requirement:

R DL 01 The spacecraft shall be able to land on the Lunar South Pole.

Once in the surface of the Moon, we want to perform in-situ science. When designing
the landing sequence, we have to bear in mind that the spacecraft must be able to
withstand the landing conditions. We also want to ensure that the spacecraft lands
with the correct orientation (vertically) so all the instruments can operate correctly.

4
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R DL 02 The spacecraft shall be able to withstand the landing conditions.

R DL 03 The spacecraft shall land vertically.

As this is an unmanned mission, direct control of the spacecraft during landing is
not possible. The spacecraft musth have built-in Hazard Detection and Avoidance
(HDA) capabilities to achieve a safe landing on the Lunar South Pole.

R DL 04 The spacecraft shall be able to land autonomously.

With further analysis of the landing location and the mission, more requirements
can be derived.

2.3 Landing Site Location

The reason behind choosing the Lunar South Pole as the landing area is due to its
favourable illumination conditions with areas of almost continuous illumination and
short periods of eclipse (50-70 hours) [5] and for its communication windows with
the Earth, having a period of direct communication with Earth of 14 days followed
by a non-communication window of 14 days [6]. In table 2.1, the top 5 potential
landing sites from [6] are shown.

ID Region Name Longest Illumination Location
Period [days] (Lat/Lon [deg])

SR1 Shackleton Rim 274 (-89.7788,-153.4349)
SR2 Shackleton Rim 234 (-89.6871,-161.5651)
CR1 Connecting Ridge 316 (-89.4632, -137.4896)
MP1 Malapert Peak 196 (-85.9756, -2.1124)
MP2 Malapert Peak 203 (-86.0236, 2.6113)
LP1 Leibnitz beta Plateau 203 (-86.0236, 2.6133)

Table 2.1: Potential landing sites on the Lunar South Pole

Due to its proximity to the Shackleton Crater, one of the key targets for future
scientific exploration [7], and its illumination conditions, the initial selected landing
site is SR1 on the Shackleton Crater’s Rim. The location of the landing site, with
a latitude of -89.7788 degrees imposes a constraint in the Lunar Orbit inclination.
To be able to orbit above that point, we must use a polar orbit (90◦ of incliniation)
around the Moon.

5
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Figure 2.1: Location of potential landing sites in the Lunar South Pole [1]

From [6] we can also derive the needed accuracy to land in the desired landing
location. To achieved the mentioned illumination conditions, we must be able to land
inside a 200x200 m landing ellipse centred in the desired location. This requirement
will be one of the main drivers in the design of the Descent Sequence.

R DL 05 The spacecraft shall be able to land inside a 200x200 m landing
ellipse centred in the landing site.

As the information about the illumination conditions of the different landing loca-
tions come from simulations, we must be able to characterize this different areas
previous to the landing to select the most suitable one. This will introduce new
requirements. We must be able to perform an initial mapping of the Lunar South
Pole and we must be able to change the landing site if desired. To minimize the
risks of not being able to land due to an unexpected hazard, we want to be able
to change the landing location not only prior to the beginning of the descent but
also at any point during the landing sequence. The change of the landing site can
be made automatically by the on-board computer based on information from the
sensors, or manually from ground control.

R DL 06 The spacecraft shall be able perform an initial mapping of the
potential landing sites previous to landing.

R DL 07 The spacecraft shall be able to change the landing location at any
point prior or during the landing sequence.

R DL 08 The spacecraft shall be able to communicate directly with Earth
during the whole landing sequence.

6
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Chapter 3

Descent Sequence

3.1 Introduction

In this chapter different concepts for the descent sequence will be proposed and
studied in order to fulfil the requirements derived in chapter 2.

The first task to design the descent sequence is choosing between a sort landing
powered by the engines or a hard landing, where the lander follows a trajectory
that intersect with the Moon. Preliminary calculations for both scenarios can be
found in appendices C.1.1 and C.1.2. As a first estimation, using a typical mission
profile, to land a mass of 800 kg a soft landing would require a propellant mass of
717 kgs and a ∆V of 1929 m·s−1 while a hard landing would only require a ∆V of
23 m·s−1 and a propellant mass of 9.51 kg. However, the hard landing would need
to dissipated 1159.8 MJ of energy at touchdown, while the energy to be dissipated
in an ideal soft landing is theoretically 0.

Soft Landing Hard Landing

Propellant Mass [Kg] 717 9.51
∆V [m·s−1] 1929 23
Kinetic Energy [MJ] 0 1159.8

Table 3.1: Descent Preliminary Budgets

By looking at the propellant mass and ∆V budgets shown in table 3.1, hard landing
seems to be the desired option. However, the risks and constraints that an impact
of such characteristics would introduce in the design of the mission make the hard
landing a non-viable option. As past lander missions to the Moon such as the
American Apollo program or the Russian Luna program, the option selected to land
on the surface of the Moon is a soft landing.

By definition, a soft landing uses the propulsion system to achieve a zero velocity
touchdown. As the spacecraft won’t be designed to withstand impact velocities in
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the order of the orbital speed, any substantial failure of the propulsion subsystem
may result in a mission catastrophic failure. One of the main risks is known as
“engine restart failure” [8], where the engine fails to reignite in the middle of the
descent sequence, causing the lander to follow an uncontrolled trajectory that can
potentially destroy the spacecraft on impact. To prevent this, we introduce a new
requirement for the design of the landing sequence. This requirement will prevent
the engines from turning off at any point of the descent sequence, meaning that no
free fall trajectories are allowed in the descent sequence.

R DL 09 The engines of the spacecraft shall not be turned off at any point
of the descent trajectory.

In the next sections the different landing strategies that can be used to fulfil all the
requirements will be analysed in order to choose the best option or combination of
them. To evaluate the performance of the different landing strategies we have to
stablish certain design drivers.

1. The landing strategy must fulfil all the mentioned requirements.

2. The landing strategy must minimize the total propellant mass.

3. The landing strategy must be able to be implemented in real time within the
possibilities of existing technology.

The design driver number 3 is directly derived from the requirement of autonomous
landing. All the control commands must be produced by the on-board computer
which would have limited capabilities. To ensure a successful landing, the commands
must be produced quickly. For this reason, analytical algorithms are preferred over
long iterative algorithms with slow convergence rates.

In conclusion, the design of the descent sequence is an optimization problem where
we want to minimize the propellant mass while achieving all the mentioned require-
ments and ensuring real time implementation.

3.2 Descent Baseline

In this section we will stablish a first baseline for the design of the descent sequence.
This baseline will constraint the design space for the optimization problem.

From the operations work package [9] the requirement of landing at the beginning of
the Lunar Summer cycle is imposed. To be more precise, the landing date selected is
the 28th of September of 2024. It has been already stated that, prior to the landing,
we need to map potential landing sites of Lunar South Pole. That mapping would
help not only to asses the feasibility of the landing site but it will also serve as a
training for our navigation sensors 1.

1The sensors will be discussed in chapter 4
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To minimize propellant consumption, the lunar orbit shall pass directly above the
landing site. After the mapping, the information obtained will be analysed. The
period of time needed for the analysis of this information will cause the landing
site to move away from the orbit track due to the Moon rotation. To achieve again
the same geometric conditions between the spacecraft velocity direction and relative
position respect to the landing site, the spacecraft shall wait in a Lunar Parking
Orbit during a full rotation of the Moon (27.32 days).

The next step in the design process is picking the altitude above the lunar surface
to begin the descent sequence. To save propellant, we want to choose the minimum
safe altitude. Taking into account the highest peak over the lunar surface [10],
we peak an altitude of 15 km. In order to have more flexibility respect to the
landing site, a circular orbit around the Moon is ideal (taking advantage of the
Moon rotation, we could theoretically land in any part of the Moon with a similar
propellant consumption from a circular orbit).

From this analysis, the ideal situation would be to have a circular orbit of 15 km
around the Moon. That low orbit would allow us to have a precision mapping of
the lunar South Pole and any other interesting areas and minimize the propellant
mass needed from landing. However, an orbit with that altitude is unstable and
the perturbations would make the altitude quickly decay during the parking orbit,
resulting in a collision risk for the lander.

Working in close collaboration with the Orbits Work Package [11] and after several
iterations, the following scenario has been picked.

1. Initial elliptical lunar mapping orbit with 100 km apoapsis altitude and 15 km
periapsis altitude.

2. Transfer into a circular parking orbit with an altitude of 100 km. Wait in the
parking orbit until the same geometric conditions as the mapping orbit have
been achieve (1 full rotation of the Moon).

3. Transfer into an elliptical descent orbit with 100 km apoapsis altitude and 15
km periapsis altitude.

4. Beginning of the descent sequence at the periapsis of the descent orbit (15 km
of altitude).

3.3 Modelling of the dynamics of the lander

Prior to any optimization, it is needed to model the dynamics of the spacecraft.

As a first approximation, we can uncouple the attitude control, that will be studied
by the AOCS Work Package [12] from the translational problem.

9
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The equations of motion of the spacecraft will be derived using a Moon Centered
Inertial frame of reference. The kinematic and dynamic equations are derived as
follows [13] using the spherical coordinate system of figure 3.1.

Figure 3.1: Spherical coordinate system used in the equations of motion

ṙ = vr (3.1)

θ̇ =
vθ

r cosφ
(3.2)

φ̇ =
vφ
r

(3.3)

v̇r =
−Tmaxk
m

sin β − µM
r2

+
v2φ
r

+
v2θ
r

+ rω2
M cosφ (3.4)

v̇θ =
Tmaxk

m
cos β cosα− vrvθ

r
+
vθvφ sinφ

r cosφ
+ 2ωMvφ sinφ− 2ωMvr cosφ (3.5)

v̇φ =
Tmaxk

m
cos β sinα− vrvφ

r
− v2θ sinφ

r cosφ
− rω2

M sinφ cosφ− 2ωMvθ sinφ (3.6)

where ωM is the mean angular velocity of the Moon (2.662 rad·s−1) and Tmax the
maximum thrust of the engine. The control parameters of the spacecraft are the
throttle command k and the attitude of the spacecraft, represented by the control
angles α and β. In the poles, and due to the low value of ωM , the velocity induced by
the rotation of the Moon is negligible. Equations 3.4, 3.5 and 3.6 can be simplified
as:
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v̇r =
−Tmaxk
m

sin β − µM
r2

+
v2φ
r

+
v2θ
r

(3.7)

v̇θ =
Tmaxk

m
cos β cosα− vrvθ

r
+
vθvφ sinφ

r cosφ
(3.8)

v̇φ =
Tmaxk

m
cos β sinα− vrvφ

r
− v2θ sinφ

r cosφ
(3.9)

Lastly, we need to model propellant mass flow through the engine.

ṁ = −kTmax
Isp

(3.10)

Here it is shown that the motion of the spacecraft during the descent is governed by
a set of non-linear differential equations. In general, no analytical solution can be
obtained for the integration of these equations except in the most trivial cases. These
equations have to be integrated using numerical methods. In general, a Runge-Kutta
scheme of 4th order has been used.

3.4 Descent Strategies

With the base of equations 3.1 to 3.3 and 3.7 to 3.10, different landing guidance
laws have been implemented and tested.

For the study of the landing strategies, the following considerations have been taking
into account:

1. The descent sequence begins at 15 km above the Moon surface with the space-
craft travelling at orbital speed. The downrange to the landing site is one of
the design parameters.

2. To prevent the engine restart failure, the engine throttle minimum position
is limited at 0.2. Also, to have manoeuvrability margin against unexpected
events the throttle maximum position is limited at 0.9. To sum up k varies
between [0.2, 0.9].

3. Hazard avoidance and detection is one of the keys to a successful landing. For
this reason, the descent sequence will finish with the lander hoovering vertically
over the landing site at 100 m and descending at a constant vertical velocity
of -5 m·s−1. In this phase, horizontal displacement for hazard avoidance or
final precision landing can be achieved using the reaction control thrusters of
the attitude control subsystem.
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The studied guidances laws are:

1. Direct Collocation Methods.

2. Gravity Turn.

3. Zero-Effort-Miss/Zero-Velocity Miss (ZEM/ZEV) improved using Model Pre-
dictive Static Programming (MPSP).

4. Optimal Control Theory and the Pontryagin’s Maximum Principle.

3.4.1 Direct Collocation Methods

In [13] and [8] direct optimization using collocation methods are proposed for the
descent trajectory design. The approach of the direct collocation methods is to
discretize the continuous optimal control problem into a series of N points or Nodes
along the descent trajectory. At each of those nodes i = 1, 2 . . . , N , we want to find
the attitude (αi and βi) and the throttle command (ki) that maximizes the landed
mass. Besides finding the control parameters along the trajectory, the solution
algorithm also has to find the other design parameters such as initial range to the
landing site, the total descent time and the engine maximum thrust. The total
number of design parameters is:

Design Parameters = 3N + 3 (3.11)

The equations of motions are integrated numerically and the control parameters
are propagated between the nodes using piecewise-continuous functions such as La-
grange polynomials [14].

The strength of this method is that, if successfully implemented, it allows to com-
pute the global optimal solution of the problem. The main drawback is that the
optimization solution techniques such as conjugated gradient usually require a lot
of iterations and computational effort. To solve this problem, software packages
specialized in non-linear optimal control such as DIDO is used.

A first attempt using a similar approach with MATLAB’s function fmincon was
made. To achieve an accurate representation of the optimal solution it is needed
to use a substantial number of nodes (the optimal solution can only be achieve
with N = ∞). With a representation of the trajectory with only 20 nodes (taking
as a reference the 500 s that lasted the Apollo descent [15] that would mean one
control node each 25 s) we have an optimization problem of dimension 63. The
computational effort needed to solve the non-lineal optimization problem without
any further simplifications soon become unbearable without the assistance of more
specialized software.
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3.4.2 Gravity turn

The gravity turn is one the most simple optimal control strategies that can be used
for descent and landing. This fuel efficient guidance law points the thrusts against
the instantaneous velocity at every point of the trajectory. Due to the effect of the
gravity (acting in a radial direction from the centre of the Moon), it assures that
the spacecraft will land vertically on the Moon.

The main drawback of this strategy is that it does not fully fulfil the requirements,
as it has no retargeting capabilities. It cannot also achieve the desired accuracy
required for the landing.

Besides this drawbacks, is an interesting strategy that efficiently removes the orbital
velocity while minimizing the propellant mass. It is also very easy to implement, as
the spacecraft attitude control only has to align the thrust vector with the velocity
measured by sensors such as Inertial Measurement units. It can be used in a initial
braking phase of the descent trajectory.

3.4.3 Zero-Effort-Miss/Zero-Velocity-Miss algorithm improved
using Model Predictive Static Programming

The Zero-Effort-Miss/Zero-Velocity-Miss (ZEM/ZEV) algorithm is a guidance law
derived from the proportional navigation law used in missile guidance [16]. It has
been widely considered as a guidance law for the precision terminal landing phase
of space missions to the Moon, Mars, asteroids or other celestial bodies [17–19].

The ZEM/ZEV algorithm is a near-optimal feedback guidance law. Under certain
assumptions of the gravity force field the control commands produced by this al-
gorithm can be derived analytically with the use of simple expressions, making it
desirable to save computational effort in autonomous landings.

The complete derivation of the algorithm can be found in [20]. A brief explanation
of how it works will be given here. The target of this guidance algorithm is to place
the spacecraft at certain final position rf with certain final velocity vf in a given
time tf . The total duration tf is usually the design parameter of the algorithm.
In order to do so at each time t, and with the information of its current position
r(t) and v(t) it computes the projected final position and velocity if no controls (no
thrust in this case) were applied rnc, vnc. If we consider gravity as the dominant
force and neglect other perturbations:

rnc = r(t) + (tf − t)v(t) +

∫ tf

t

∫ tf

t

g(τ)dτdσ (3.12)

vnc = v(t) +

∫ tf

t

g(τ)dτ (3.13)
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The ZEM is for how far will the spacecraft miss the desired position and the ZEV
vector is how big will the velocity error be if no command is applied after the present
time. If we assume a constant gravity (reasonable when we are in the vicinity of
the landing site) that does not depend on the position or time, the expressions for
ZEM and ZEV can be easily obtained.

ZEM = rf − rnc = rf −
(

r(t) + tgov(t) +
1

2
t2gog

)
(3.14)

ZEV = vf − vnc = rf − (v(t) + tgog) (3.15)

Where tgo is simply remaining time of the trajectory

tgo = tf − t (3.16)

We feedback this quantities to the algorithm to compute the needed commands to
make them 0. The commands are computed using optimal control theory. If the
gravity is a explicit function of time only (or constant), the optimal control problem
using has an analytical solution [18] for the commanded acceleration (an attitude,
as it is the acceleration in the three reference axis).

a(t) =
T(t)

m(t)
=

6

t2go
ZEM− 2

tgo
ZEV (3.17)

Equation 3.17 shows how the control commands can be easily computed analytically.
They depend only of the tgo, the actual state vector and the desired position. Besides
saving computational effort, it also has re-targeting capabilities, as we can change
the desired final position and/or velocity at any point.

The generalized ZEM/ZEV algorithm does not take into account any thrust level
constraints. Besides that, optimal trajectories usually have a part of subsurface
flight. That would cause our lander to crash with the Moon. To avoid that [21]
proposes a improved version of the ZEM/ZEV algorithm using Model Predictive
Static Programming. It first generates a ZEM/ZEV trajectory with the thrust level
constraint. Then if, because of the constraint, the final position or velocity are not
met or if there are any subsurface flight paths, it iteratively uses static programming
optimization theory to met all the constraints. The Model Static Predictive Pro-
gramming has high computational efficiency as part of the solutions have a closed
analytical form and the matrix needed for the iterations can be computed recursively.

This algorithm has been coded and tested for our particular problem. In figure 3.2 a
descent trajectory generated using the improved ZEM/ZEV algorithm with MPSP
is shown.
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Figure 3.2: 3D representation of the descent trajectory generated using the Improved
ZEM/ZEV with MPSP

Some of the relevant parameters for this trajectory are shown in table 3.2.

Total time Maximum Thrust Propellant Mass ∆V Iterations to converge
[s] [N] [Kg] [m·s−1] [-]

400 15000 700 2128 3

Table 3.2: Parameters of the trajectory using the improved ZEM/ZEV algorithm with
MPSP

The algorithm converges quickly towards the solution, needing only three iterations,
so real time implementation can be achieved. As it is a feedback algorithm, high
precision can be achieved. The maximum thrust level allowed here was 15000 N.
Revising existing and past engine technologies with throttling capabilities [22], this
value is too high for this particular problem. The main drawback of this improved
ZEM/ZEV algorithm is the high thrust requirements that it imposed. When used
with more realistic values of thrust level (from 1 to 5 kN) the convergence time
rapidly increases (from 2 or 3 iterations to hundreds or thousands of them) and the
process can even diverge, making it unfeasible for real time implementation. This
behaviour is due to the high initial velocity compared to the final velocity and the
high mass in this particular case. When applied to lower masses and velocities, the
high thrust requirements disappear.
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The re-targeting capabilities and the high accuracy of this feedback algorithm make
it appropriate to achieve a high precision soft landing as the one required here. How-
ever, the thrust level required make it inapplicable for a real time implementation
as the only guidance law. This algorithm is more suitable for the final precision
landing phase rather than for the whole descent phase.

3.4.4 Optimal Control Theory

Finally, it has been taken into consideration the possibility of applying the tech-
niques of optimal control theory and variational calculus to develop other control
laws. Specifically, we have applied the Pontryagin’s Maximum Principle to develop
a control law for the initial phase of the descent. This principle says that, in or-
der to maximize a certain function (the landed mass in this case) dependant of the
trajectory followed by a dynamical system, the controls applied must maximize the
Hamiltonian at each point of the trajectory. A formal definition of the Pontryagin’s
Maximum Principle can be found in [23].

A brief description of the derivation of the control law is given here. The following
assumptions for the model are made:

1. The descent elliptical orbit passes directly above the chosen landing site.

2. From 1, and knowing that the orbital velocity is contained in the trajectory
plane [24], we can restrict the motion to the orbital plane having a 2D problem
instead a 3D.

3. The state of the system is described by two positions measures r and φ, two
velocities vr and vφ and the mass m.

x =


r
φ
vr
vφ
m

 (3.18)

4. The thrust vector is always contained in the motion plane.

5. The state is now controlled by the throttle magnitude k and only one attitude
angle β.

u =

{
k
β

}
(3.19)

6. The polar coordinate system and the angles definition can be seen in figure
3.3.

7. We want to maximize a certain functional Υ, which consist in the landed mass

Υ = m (3.20)
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The differential equations of the problem are:

ṙ = vr (3.21)

φ̇ =
vφ
r

(3.22)

v̇r =
v2φ
r
− µM

r2
+
kTmax
m

sin β (3.23)

v̇φ = −vrvφ
r

+
kTmax
m

cos β (3.24)

ṁ = −kTmax
Isp

(3.25)

φ

r

T

β

R Moon

Figure 3.3: Coordinate system
and angles definition

The following boundary conditions are applied

Initial conditions:

r(t0) = r0 (3.26)

φ(t0) = φ0 (3.27)

vr(t0) = vr0 (3.28)

vφ(t0) = vφ0 (3.29)

m(t0) = m0 (3.30)

Terminal conditions 2:

ψr = r(tf )− rf = 0 (3.31)

ψφ = 0 (Free) (3.32)

ψvr = vr(tf )− vrf = 0 (3.33)

ψvφ = vr(tf )− vφd = 0 (3.34)

ψm = 0 (Free) (3.35)

We can compute the Hamiltonian H by defining the costate vector p

p =


pr
pφ
pvr
pvφ
m

 (3.36)

H(p, x, u, t) = pT Ẋ = prvr + pφ
vφ
r

+ pvr

(
v2φ
r
− µM

r2
+
kTmax
m

sin β)

)
+pvφ

(
−vrvφ

r
+
kTmax
m

cos β

)
+ pm

(
−kTmax

Isp

) (3.37)

The costate equations can be derived obtained from [23]

ṗi = −∂H
∂xi

(3.38)

2The Pontryagin’s maximum principle need to set zero terminal conditions affecting at each
state variable to compute the costates. The final state of a variable can be free, in which case the
terminal condition will be directly zero [23]
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In our problem, this lead to:

ṗr = pφ
vφ
r2
− pvr

(
−
v2φ
r2

+
2µM
r3

)
− pvφ

vrvφ
r2

(3.39)

ṗφ = 0 (3.40)

ṗvr = −pr + pvφ
vφ
r

(3.41)

ṗvφ = −pφ
r
− 2pvr

vφ
r

+ pvφ
vr
r

(3.42)

ṗm = pvr
kTmax
m2

sin β + pvφ
T

m2
cos β (3.43)

As stated in the Pontryagin’s maximum principle the optimal control u∗ belonging
to the subspace of admissible controls f maximizes the Hamiltonian at each time
of the trajectory

u∗ = max
u∈f

H(p, x, u, t) (3.44)

In [25] is proved that only bang-bang profiles are optimal (the throttle either is
maximum or minimum) with different combinations of one arc (max or min), double-
arc (max-min or max-min) etc. For our application a single arc is chosen. The
engines will be at full thrust for the whole manoeuvre.

k = kmax (3.45)

The only remaining parameter of the control is the optimal attitude angle β∗. This
angle must maximize the Hamiltonian

∂H

∂β
= 0 (3.46)

pvr
kTmax
m

cos β − pvφ
T

m
sin β = 0 (3.47)

The optimal attitude angle β∗ is

β∗ = tan−1
pvr
pvφ

(3.48)

From [23] we know that the final values of the costates must fulfil certain transver-
sality conditions, where νi are unknown parameters.

pi + νi
∂ψ

∂xi
+
∂Υ

∂xi
t = tf

Applied to pφ and as the final value of φ is a free parameter (ψφ = 0 and the
functional Υ does not depends explicitly of φ we found that

pφ(t = tf ) = 0 (3.49)
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From 3.40 and 3.49 it is trivial to derive that:

pφ = 0 ∀t (3.50)

The pm equation is uncoupled with the rest of the equations and it does not appear
in the optimal control. It is not necessary to solve it. This is because under the
conditions of 3.45, the maximum landed mass is equivalent to a minimum time
problem. The minimum propellant consumption for the landing is minimized by
minimizing the total manoeuvre time.

The optimal control problem is now reduced to solve the following differential equa-
tions:

ṗr = pφ
vφ
r2
− pvr

(
−
v2φ
r2

+
2µM
r3

)
− pvφ

vrvφ
r2

(3.51)

ṗvr = −pr + pvφ
vφ
r

(3.52)

ṗvφ = −2pvr
vφ
r

+ pvφ
vr
r

(3.53)

(3.54)

and knowing that

β∗ = tan−1
pvr
pvφ

(3.55)

k = kmax (3.56)

The only unknown from this set of differential equations seem to be the three initial
values of the costates. However, due to the linearity of the Hamiltonian 3.37 with
respect to the costate, we can fix one of the costate’s initial value and the other
two will simply be rescaled. For this guidance law, only two unknowns remains, the
inital value of two costates. These have to be chosen in order to achieved the desired
final values for position and velocity.

An optimal descent control law has been derived in this section. In this strategy, the
engines are fired at full thrust for the whole manoeuvre and a set of three coupled
non-linear differential equations must be integrated at each step to compute the
attitude control command. The integration of equations 3.51-3.53 have no analytical
solution and need to know the state of the spacecraft (position, velocity and mass)
at each instant of time. This information has to be provided by sensors. The
integration of these equations can be easily done numerically using, for example, a
Runge-Kutta integration scheme. As it uses the engines at full thrust, this strategy
is suitable to efficiently remove most of the orbital velocity while saving propellant
mass in an initial braking phase, but not for the final precision landing phase.
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3.5 Mission scenario for the descent

In section 3.4 different landing strategies have been analysed in terms of its suitabil-
ity for our particular problem. The direct collocation method can potentially achieve
the global optimal solution. However, it requires a lot of computational effort and
specialized software to be developed. The gravity turn is a simple manoeuvre that
can be used for a soft landing. However, it does not fulfil the requirements for Lunar
Mission One. The ZEM/ZEV algorithm is suitable for use as the final control law,
to achieve a high precision landing on the Moon, but it cannot be realistically used
at the beginning of the descent due to the high orbital velocity. Finally, we have
applied optimal control theory to derive a control law that is suitable to be used in
an initial braking phase of the descent sequence.

The final chosen descent scenario is split in three different parts. In each part
a different control law is used with a specific design driver behind. The mission
scenario has been summarized in table 3.3.

Phase Name Control Law Design Driver
1 Braking Phase Optimal Control Kill orbital velocity

Reduce Propellant Consumption
2 Approach Phase ZEM/ZEV Algorithm High Accuracy

Re-targetting Capabilities
3 Vertical Descent Constant Velocity Descent Hazard Detection

and Avoidance

Table 3.3: Descent Mission Scenario

More specific details about the final descent sequence are discussed in 5
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Chapter 4

Hardware for descent and landing

4.1 Introduction

In this section, all the hardware requirements of the mission for the descent and
landing will be picked. The hardware needed for landing can be divided into three
main parts:

1. Propulsion system. In particular the main engine system. The reaction control
thruster for three axis attitude control will be picked by the AOCS WP [12].

2. Mapping hardware. A sensor for the initial mapping of potential landing sites
is needed.

3. The GNC hardware. A GNC scheme for the descent is proposed and the
needed sensors are recommended.

As LMO is a crowdfunded mission with limited resources, when possible, the design
of new sensors has been avoided and COTS components with proven space heritage
have been picked to reduce low TLR risks and keep the development costs as low as
possible. Only a full preliminary design had to be done for the mapping camera, as
no complete information of cameras with similar requirements could be found.
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4.2 Main Engine Selection

An initial sizing of the minimum thrust needed for the descent can be made by
calculating the thrust needed to counteract the weight of the lander in the final
vertical descent. The gravity on the lunar surface is gM = 1.62 m·s−2. The dry mass
of the lander is estimated in 800 kg. The minimum thrust required for the mission
is:

Tmin = mgM = 1296 [N] (4.1)

The value of 4.1 is the absolute minimum to achieve a soft landing. From previous
calculations, it has been already estimated that the propellant mass required for
landing is of the same order as the total dry mass. In 3.4.4 we have stated that
the minimum propellant mass is achieved with a minimum time manoeuvre. As the
initial velocity is already fixed by the orbits selected, the time can only be reduced
by incrementing the thrust. The main engine will serve as one of the controls for the
landing, adjusting its thrust level in the approach phase. For this reason we need a
throttable engine.

To sum up, for the main engine a compact system with high thrust, high performance
in terms of low propellant consumption (high Isp) and throttability capabilities is
needed . All this reasons led us to pick a liquid bi-propellant system as the main
propulsion system [26]. An iterative process using the descent algorithms explained
in 3 to choose an optimal configuration. The final configuration uses 4 Aerojet R-
42DM with a nominal thrust of 890 N. More information can be found in appendix
D.1. The main characteristics of the engine are summarized here [27].

Nominal Thrust [N] 890
Isp [s] 327

Thrust range [N] 356 - 1334
Propellant Hydrazine/NTO(Mon-3)

Oxidizer/Fuel ratio 0.8-1.2

Table 4.1: Characteristics of the Aerojet R-42DM

Figure 4.1: Aerojet R-
42DM
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4.3 Mapping camera

As stated before, previous to the landing an initial mapping of different potential
landing sites will be carried out. In order to do so, in the mission baseline a mapping
orbit has been included. This mapping orbit will have similar parameters as the
final descent elliptical orbit with an altitude of periapsis of 15 km and an altitude
of the apoapsis of 100 km. Besides mapping potential landing sites to asses its
characteristics, this mapping orbit will also serve as a training sequence for the rest
of the navigation sensors, so it is important that when the actual landing begins, the
geometrical and illumination conditions are as similar as possible to reduce errors.
To achieve this, a full rotation of the Moon is needed between the mapping and the
descent orbits.

With the mapping, we want to asses the feasibility of the landing sites in terms of
possible hazards (big slopes, craters, rocks etc) and illumination conditions. For
this reason, we need high spatial resolution (at least of the same order of the lander
footprint) and the use of an optical imager.

The requirements of the imager are:

1. High spatial resolution

2. Wide field of view

3. High accuracy

4. Minimum mass and power consumption

The parameters of the camera has been estimated following the observation payload
design process of [28]. All the relevant parameters of the design can be found in
appendix C.2. The operating wavelength of the imager has been set in the middle of
the visible spectrum ( 540 nm) with a spectral bandwidth that covers all the visible
spectrum. As a detector, a CCD array with 4096x4096 pixels of 5.5 µm yields a FOV
of 38.95 deg. This allow us to achieve a spatial resolution at nadir of 2.5 m over a
swath width of 10018 m. The lander footprint is estimated to be around 4 m, so this
spatial resolution is enough for an initial detection of potential landing sites. For
more precise selection of the final landing site, the hazard and detection algorithms
and also direct manual control can select the precise landing location in the final
stages of the descent sequence. In this stages, the lander will be hoovering above the
landing site with an altitude of 100 m enabling to acquire higher resolutions images
to avoid small rocks and undetected slopes.
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Parameter Value Units

Operating Wavelength 540 nm
Bandwidth 400 nm

CCD array size 4096x4096 pixels
Detector size 5.5 µm

FOV 38.96 deg
Spatial Resoultion 2.5 m

Swath Width 10018 m

Table 4.2: Characteristics of the mapping imager

To achieve this performance, a lens with a focal length of 331 mm is needed. The
diffraction limited aperture for an imager with this characteristics is 2.71 mm. An
aperture of 3.68 mm has been selected, yielding an F# of 9, enough for this appli-
cation.

Parameter Value Units

Focal length 331 mm
Aperture 3.68 mm

F# 9

Table 4.3: Sensor Optics

The next step is to evaluate the pointing accuracy and stability requirements needed
to obtain high quality images. This requirements will have to be met by the Attitude
Control subsystem. Taking into account an altitude of 15 km and a spatial resolution
of 2.5 m, having a 0.5% accuracy on ground for a 10 km swath width means that
the mapped area can be either 50 m either size of the swath width:

tan(θ + δθ)− tan(θ) = tan
5124

15000
− tan

5098

15000
(4.2)

δθ ≈ 0.1 deg (4.3)

For an initial mappint of potential landing sites, a pointing accuracy of 0.1 deg is
needed.

4.3.1 Mapping Camera Sizing

The characteristics of the designed camera are similar to the Osiris Camera of the
Rossetta Mission [29] and the camera on board the Chinese mission to the Moon
Chang’e 2 [30] that are able to acquire images with similar spatial resolutions. Un-
fortunately, no complete data about mass, dimensions and power are available. To
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estimate those parameters, we will sacale down from existing instruments as sug-
gested in section 17.2.6 of [28].

The instrument that will serve as a reference is the Mars Descent Imager Camera
MARDI [31], whose characteristics are presented in table 4.4

Aperture Diameter Mass Power Dimensions
[mm] [kg] [W] [mm]
2.6 0.405 10 90x63x86

Table 4.4: Budget of MARDI camera

The ratio between aperture diameters (D) for both instruments is

R =
Ddesign

DMARDI

= 0.637 (4.4)

Using this ratio and following [28], the instrument main parameters are:

Mass Power Dimensions
[kg] [W] [mm]
1.15 28.4 127x89.2x122

Table 4.5: Budget of the mapping camera

4.4 Guidance Navigation and Control Scheme

The Guidane, Navigation and Control scheme is partially based in the developments
by the ESA’s Lidar-based Autonomous Planetary landing System (LAPS) [32] and
Nasa’s Autonomous Landing and Hazard Avoidance Technology (ALHAT) [33].
Both of this projects are developing the technology for future planetary landing
mission. This technology is based in the use of Lidar sensors, instead of radar, in
combination with new Hazard Detection and Avoidance Algorithms.

Due to the limitation in time and resources of the project, the study of the Hazard
Avoidance and Detection Algorithms and its performance is out of the scope of this
project. However, a simple layout of the GNC scheme is proposed for this mission.
The GNC scheme proposed is composed of

• Inertial Measurement Units (IMU).

• Optical cameras.

• Lidar Cameras.
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• Lidar Velocimeter and Altimeter.

For the whole descent, inertial navigation will be used. The position,velocity and
attitude of the lander will be known from the measures coming from the gyros
and accelerometers of the IMUs. However, a high resolution model of the gravity
field in the Moon is need to avoid errors in the state estimation. To avoid these
errors and the unavoidable noise of any real sensor, this measures will be processed
using Kalman filtering techniques and updated with external measures coming from
other sensors such as Lidar and optical cameras and velocimeters. A diagram of the
proposed configuration is shown in figure 4.2.

Figure 4.2: Proposed GNC scheme for the descent

Three IMU’s will be used for the inertial navigation. Two of the IMU’s will be
redundant, and a logic of three will be used in case there is any mismatch between
estimations. To avoid all three IMU’s having the same failure modes, one of the
IMU’s will come from a different manufacturer. Both models of IMU’s have proven
space heritage in lander mission, as they have been used in the Mars Science Labo-
ratory (Curiosity).

The mapping camera can be used in the initial stage to perform optical terrain
relative navigation. The images taken in the initial mapping serve as a training
sequence for navigation in the descent. This camera will be mounted on the side
of the lander facing down to nadir in the initial descent. More information on
the location of this and other sensors can be found from the configuration work
package [34]

One flash Lidar camera will perform Terrain Relative Navigation, Hazard Detec-
tion and Avoidance and, as secundary function, Altimetry measurements. The flash
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Lidar camera selected is the DragonEye manufactured by Advanced Scientific Con-
cepts. This model is involved in the ALHAT project and has been succesfully tested
in docking operations in the ISS. The operational range of this camera is up to 4
km, so it will be used in the approach phase of the descent. This camera will be
mounted on a gimbal platform on the side of the lander that allow it to point both
vertical downwards and to the side of the lander.

One optical descent camera. This camera will be mounted in the bottom of the
spacecraft facing down. It will be used for optical terrain relative navigation in the
final part of the descent. The camera selected is the Mars Descent Imager, used
in missions such as Mars Science Laboratory or Mardi. Minimum modifications
will have to be made to adapt it for Moon use. The capability of recording high
resolution color video of the final descent not only has high engineering value but
also is and added feature for public engagement of the mission.

Finally, a doppler Lidar Velocimeter will perform Velocimetry and Altimetry func-
tions. The Lidar based sensor is manufactured by efacec.

For our lander, the main hazards are the slopes, rocks and shadows, as landing in
a non-illuminated area would mean a catastrophic failure of the mission. For this
reason, hazard detection and avoidance is one of the main drivers in the design of the
GNC system. A extended discussion of a Hazard Detection and Avoidance concept
based in similar sensors can be found in [35]. The main function of the sensors is
to perform a Hazard mapping of the landing area surroundings. The Lidars are
used mainly for slope and roughness mapping (assessing the existence of rocks and
out of bounds slopes through the reconstruction of a Digital Elevation Model of the
terrain) and the optical cameras for shadow mappings. As a backup, the optical
sensors can also perform the slope and roughness mapping.

A summary of the sensors selected is found in table 4.6. More information about
the suggested sensors can be found in appendix D.

Sensor Amount Name Manufacturer Main Function

IMU 2 Miniature IMU Honeywell Inertial Navigation
IMU 1 LN-200S Northrop Grumman Inertial Navigation

Optical Camera 1 Self-designed Mapping
Flash Lidar 1 DragonEye ASC Navigation, HDA

Descent Camera 1 MARDI MSSS Navigation, HDA
Lidar Velocimeter 1 NA Efacec Altimetry, Velocimetry

Table 4.6: Sensors for GNC and Hazard Detection and Avoidance
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Chapter 5

Simulation, Analysis and
Performance of the Landing

5.1 Introduction

In the past chapters, and introduction and brief explanation of the requirements
needed for the mission, an analysis of the different descent strategies and a first
selection of instruments for GNC have been made. In this chapter the development
of a simulator to evaluate the performance of the proposed solution is explained.
This simulator has been developed using the commercial software MATLABr and
its Model-Based Design tool SIMULINK.

5.2 Simulator Development

The simulator of the dynamics of the lander in the descent phase has been developed
in two different stages. First, the different studied descent strategies have been
implemented as independent Matlab scripts. The aim of that individually asses
their performance and to find the individual optimal design parameters. In this first
step all the relevant design parameters have been chosen and the mission scenario
for the descent was finalized.

After the mission scenario was configured and the selected landing guidance laws
were individually tested, the SIMULINK model was built to bring together all the
individual pieces of the descent. This simulator allow us to check the interaction
between the different guidance and to gradually increment the fidelity of the simula-
tion by adding real world effects such as noisy measurements or forces disturbances
in the model.

This two step approach also helped us to accommodate the quick changes that the
project baseline was suffering as part of an iterative design project. Specifically and
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due to the high non-linearity of the differential equations that model the descent,
changes in the lander dry mass have huge impact in the design parameters of the
different guidance laws. It was possible to re-evaluate and test the design parameters
when changes on the baseline were made and the integrate those changes in the whole
descent model.

Some of the challenges faced in the development of the simulator will be stated here.

5.2.1 The braking phase model

As explained in section 3.5, the descent sequence begins at the periapsis of the
descent ellipse with a braking phase. The control law of this phase has been derived
in section 3.4.4 so no further comments will be made. However, the challenges of
implementing the control law are yet to be commented.

The first challenge to face is how to integrate the dynamics of the lander. The
dynamic was ruled by the following set of equations.

ṙ = vr (5.1)

φ̇ =
vφ
r

(5.2)

v̇r =
v2φ
r
− µM

r2
+
kTmax
m

sin β (5.3)

v̇φ = −vrvφ
r

+
kTmax
m

cos β (5.4)

ṁ = −kTmax
Isp

(5.5)

Equations 5.1-5.5 describe a system of coupled non linear differential equations with
no analytical solution. For this reason, numerical integration is needed to integrate
the motion. In our case, a Runge-Kutta with adaptative step size is used. After
a simple analysis, it is clear that this equations involved quantities with different
magnitude orders

Distances ∼ 107 m

Angles ∼ 1 rad

Velocities ∼ 103 m · s−1

Mass ∼ 103 Kg

To avoid numerical integration errors in our solutions that led to wrong design
parameters, it is needed to normalize the equations so all involved quantities have
the same order of magnitude. The normalization parameters (identified with the
superscript ∗) can be derived by analysis of the natural units of the problem. For
the distance, the natural unit of the problem is the Radius of the Moon.
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By using radians, the order of magnitude of the angles is already the unit, so no
normalization is needed. The mass is normalized with the dry mass of the lander
mdry .We clearly have two different orders of magnitude for the velocities. One is the
transversal velocity vφ. This velocity is in the order of the orbital speed. Another
fundamental velocity can be derived with the distance natural unit of distance RM ,
mass mdry and force Tmax. This other velocity will be used for the radial velocity.

r∗ = RM (5.6)

v∗φ =

√
µM
RM

(5.7)

v∗r =

√
RMTmax
mdry

(5.8)

M∗ = mdry (5.9)

By using the following normalized variables:

rn =
r

r∗
, vrn =

vr
v∗r

(5.10)

vφn =
vφ
v∗φ

, mn =
m

M∗ (5.11)

The normalized equations are

ṙn = vrn
v∗r
r∗

(5.12)

φ̇ =
vφn
rn

v∗φ
r∗

(5.13)

v̇rn =
v2φn
rn

v∗φ
v∗rr
∗ −

µM
r2n

1

r∗2v2r
+
kmaxTmax

mn

sin β
1

v∗rM
∗ (5.14)

v̇φn = −vrnvφn
rn

v∗r
r∗

+
kmaxTmax

mn

cos β
1

v∗φM
∗ (5.15)

ṁn = −kmaxTmax
mnIsp

(5.16)

This new set of equations can be easily integrated numerically with the proposed
integration scheme.

Choosing the two adequate initial costate values p0 to achieve the desired final
position and velocity is a complex mathematical problem with no close solution. To
solve it, it is treated as a separate optimization subproblem. We want to pick the
two values of the costates initial values that minimizes the following functional Υ
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Υ(p0) = [r(tf)− rd]
T [r(tf)− rd] + [v(tf)− vd]

T [v(tf)− vd] (5.17)

This functional achieves its minimum when the final position and velocity are the
desired ones. Due to the characteristics of the equations involved, usual optimization
solving techniques such as conjugated gradient cannot be used to solve it. However,
iterative methods as genetic algorithms and random search have quick convergence
rates when adequate boundaries are given. In this case, a controlled random search
[36] has been implemented. This random search only has to be run once to find the
two design parameters of the algorithm and does not have to occur in real time. It
can be run before the descent begins in case we want to change the braking phase
nominal trajectory.

The end altitude for this algorithm has been stablished as 4 km. At this point, the
flash lidar camera begins to operate, providing us with more accurate measures of
velocity and position. At this point the approach phase begins.

5.2.2 Approach Phase

In the approach phase the ZEM/ZEV guidance law is used. As we have already
removed all the orbital velocity and we are close to the landing site the optimal
trajectories generated does not include subsurface flight sequence. There is no need
now to use the Model Predictive Static Programming, that requires extra computa-
tional effort. The whole guidance can be controlled and optimized by selecting the
adequate value of the total manoeuvre duration. As the control only depends on
the ZEM/ZEV quantities, fixed by the dynamics, and the tgo, this last parameter
could be optimized at each step to accommodate any disturbance that affects the
dynamics. As the manoeuvre only depends of one design parameter, a simple line
search can be used for optimization. This adaptive tgo has not been implemented in
the simulator and the total duration of the manoeuvre is selected at the beginning
by using the mentioned line search technique. This could be implemented in further
developments of the simulator.

As we are in the vicinity of the landing site at an altitude of 4 km or less with most
of the orbital velocity removed, the following simplifications on the dynamic model
can be made

• Flat Moon assumption. The effect of the curvature of the Moon can be ne-
glected.

• Constant gravity. The gravity vector has a constant value and fixed vertical
direction.

• A 3D model with topocentric Cartesian axis centred in the landing site will
be used to asses the full re-targetting capabilities .
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• The reference frame is orientated with the Z axis in the vertical direction, X in
the horizontal projection of the lander’s velocity and Y forming a right hand
side set.

Z−Axis

g

Landing Location

X−Axis

Y−Axis

Figure 5.1: New reference system for the descent

The differential equations of the new model are:

ẋ = vx (5.18)

ẏ = vy (5.19)

ż = vz (5.20)

v̇x = ax =
Tx
m

(5.21)

v̇y = ay =
Ty
m

(5.22)

v̇z = az − gM =
Tz
m
− gM (5.23)

ṁ =

√
T 2
x + T 2

y + T 2
z

Isp
(5.24)

(5.25)

kminTmax ≤
√
T 2
x + T 2

y + T 2
z ≤ kmaxTmax (5.26)

This new set of differential equations is easier to integrate and does not require any
normalization for acceptable performance.

The ZEM/ZEV algorithm directly produces the acceleration commands ax, ay, az.
This commands can be easily translated into attitude an throttle commands

ax
ay
az

 =
k

m


ûx
ûy
ûz

 =
k

m
û (5.27)

where û is the attitude unity vector in the reference frame.

This descent phase ends with the lander vertically hoovering 100 m over the landing
site with a vertical velocity of - 5 m·s−1.
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5.2.3 Vertical Descent

In this phase, the same reference frame and dynamic equations as the approach phase
are used. The only change is the guidance law. The thrust level of the engine is
calculated to counteract the weight of lander, achieving a constant velocity descent.
At this the Hazard Detection and Avoidance Algorithm would assure a successful
landing in a Hazard free area. Horizontal displacement and fine positioning can be
achieved using the reaction control thrusters.

5.3 The descent and landing simulator

The following step was to merge all the developed MATLABr scripts into a single
SIMULINK Model. A caption of this model is shown in figure

Figure 5.2: Overview of the descent simulator

It can be shown how the model is divided in 6 main blocks. A brief explanation of
these blocks will be given now.
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5.3.1 Plant Dynamics

The red block is the plant dynamics. This blocks simulates the motion of the lander
in the Lunar environment using the equations derived before. It is important to use
the right set of equations at each phase of the descent. For the braking phase, the
full 3D model is used now instead of the simpler 2D model used for deriving the
guidance laws. For this reason, a custom phase selector block computes the altitude
above the landing site to chose the correct plant dynamics. It is also critical to make
sure that the axis transformations between the different references systems are made
correctly.

Figure 5.3: Plant Dynamics

5.3.2 Sensors

The green box simulates the sensor measurements as they would come out from the
Kalman filter. The actual Kalman filter has net been implemented. To simulate real-
measures, to the state vector generated by the plant dynamics (position, velocity
and mass) normal distributed noise is added. This noise measures are the one fed
into the guidance algorithms instead of the lander true position, velocity and mass
as would occur in a real implementation.

5.3.3 Guidance laws

With a similar construction as the plant dynamics. This block evaluates the phase
of the descent sequence by computing the altitude relative to the landing site. After
that, the relevant control command is fed to the attitude an engine dynamics blocks.
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Figure 5.4: Guidance laws

5.3.4 Attitude Dynamics and Engine Dynamics

In this blocks, it is checked is the commanded attitude and throttle of the guidance
laws can be achieved. At this point of the project, the attitude controller of the
AOCS WP [12] had not been developed so the attitude block only checks for if the
attitude rate of change between two consecutive commands falls below the maximum
angular velocity value provided by the AOCS WP. The engine dynamics block also
limits the values of the throttle so they lie between the established maximum and
minimum and it converts the throttle position and achieved attitude into three forces
in each of the axis of the reference frame.

5.3.5 Disturbances

The last block accounts for any possible disturbance that can affect the dynamics
of the lander. Those disturbances can be attitude control failures, thrust misalign-
ments, external perturbations and, in general, any other action that has not been
taken into account in the modelling. This disturbances, in conjunction with serve
to generate the landing ellipse using the Montecarlo method.
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5.4 Analysis of the results

In this section, the results from the simulator will be shown and analysed. First, the
nominal trajectory, the trajectory that the lander would follow in an ideal situation
with no disturbances acting on it will be presented. Then the performance of a
realistic case will be analysed using the Montecarlo method.

5.4.1 Nominal Descent Trajectory

In the nominal descent, the following assumptions are true

• No disturbances act on the lander.

• The sensors know the true position, velocity and mass at each step of integra-
tion.

• Due to the reference frames defined, all the trajectory is 2D.

In figure 5.5 the nominal trajectory followed by the lander is shown with different
colors for the three phases. Most of the trajectory corresponds with the braking
phase. A closer detail of the final part with the approach and descent phases is
shown in figure 5.6.

Figure 5.5: Nominal trajectory in topocentric axes for the descent
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Figure 5.6: Detail of nominal trajectory in topocentric axes for the descent

In figure 5.7, the altitude of the lander versus the time is plot. The threshold
altitudes of 4 km and 100, where the guidance law is changed are also shown.
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Figure 5.7: Nominal altitude profile for the descent
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In figure 5.8 the velocity profile in all three axis is shown. As the nominal trajectory
without disturbances is purely 2D trajectory, the values in the Y axis are 0.
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Figure 5.8: Nominal velocity profile for the descent

In the following figure, the evolution of the lander mass is presented. The propellant
mass consumption rate is constant in the initial braking phase, as the engines are
fired at full throttle.
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Figure 5.9: Nominal mass profile for the descent
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Finally, the throttle command k during the whole descent is shown in figure 5.10.
As stated before the throttle is maximum in the braking phase, is then continuously
controlled in the approach phase and it is almost constant in the final vertical descent
phase, as the mass changes in that phase are minimum.
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Figure 5.10: Nominal throttle profile for the descent

The relevant characteristics of each phase of the descent sequence are shown in table
5.1 with a 10% included in the mass.

Phase Braking Approach Vertical Descent

Lander Mass at beginning 1460 kg 849 kg 809 kg
Lander Mass at end 849 kg 804 kg 797 kg

Altitude at beginning 15000 m 3966 m 98.4 m
Altitude at end 3966 m 98.4 m 0 m

Downrange at beginning 543360 m 3000 m 0 m
Downrange at end 3000 m 0 m 0 m

Duration 592 s 82 s 17 s
Propellant Mass 611 kg 45 kg 7 kg

∆V 1739 m·s−1 173 m·s−1 27 m·s−1

Table 5.1: Parameters of the descent phases

A summary of the relevant budgets for the descent and landing is shown in table
5.2.

Total

Duration 691 s
Propellant 663 kg

∆V 1939 m·s−1

Table 5.2: Budgets for descent and landing
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Figure 5.11: Summary of the nominal descent sequence

5.4.2 Performance of the algorithms

After the analysis of the nominal descent sequence, we want to simulate a more real-
istic implementation of our guidance laws. The simulator developed in SIMULINK
incorporates the real implementation effect through the noise in the sensors and
the disturbances. The noise measures affect the position, velocity and mass used
to compute the control commands. The disturbances are modelled as extra forces
acting on the lander. Both of this effects are modelled using a normal distribution
with zero mean and different values of standard deviation

To evaluate the performance of the proposed algorithm, the Montecarlo method
has been used. 1000 simulations were carried out to compute the landing ellipse.
Due to the use of inertial navigation (the position is known by double integration
of the acceleration and the velocity by a single integration of the acceleration) , it
is expected that the biggest errors appear in the position measures and not in the
velocities. No great error are expected in the mass values, as the propellant flow can
be easily measured on board, only a 2% error of the actual mass was considered. The
disturbances will have to account for any uncertainty of the model as, for example,
the lack of the definitive attitude controller, as well as for any possible operation
failures such as thrust misalignments. For this reason, the standard deviation of the
disturbances has been set to a high value which is the 20% of the total thrust of the
propulsion system.

The standard deviations used in the normal distributed noise and disturbances are
shown in table 5.3.
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Standard Deviations σ

Position 5000 m
Velocity 50 m·s−1

Mass 2%
Force disturbances 0.2Tmax = 712 N

Table 5.3: Montecarlo Simulation Parameters

With this mentioned values the landing ellipse has been calculated and it is plot in
figure 5.12.

Figure 5.12: Landing ellipse of the mission computed with 1000 simulations

The landing ellipse is the main Figure of Merit that allow us to asses the performance
of the algorithms. It can be seen how the main requirement of the descent and land-
ing R DL 05 The spacecraft shall be able to land inside a 200x200 m landing ellipse
centred in the landing site has been completely fulfilled. This have been achieved
minimizing the propellant mass consumption while retaining the re-targeting capa-
bilities needed for the Hazard Detection and Avoidance algorithms.

While for the nominal descent sequence the spacecraft landed mass was considered
to be 800 kg this value is not exactly the final dry mass of the lander. As stated
in appendix B the spacecraft landed mass is 745 kg. The extra 50 kg of contingency
propellant account for extra manoeuvres required for the Hazard Detection and
Avoidance algorithms. With those extra 50 kg, it is possible to move the lander up
to 10 km from the nominal landing site.
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Chapter 6

Conclusions and future work

6.1 Conclusions

Through this document, a complete analysis of the descent and landing work package
of the Lunar Mission One has been carried out. The top level requirements have
been derived from the Mission Statement and from further analysis in chapter 2.
The main drivers for the design of the descent sequence were found to achieving
high accuracy while minimizing the propellant consumption and allowing landing
site re-targeting. In 3 different proposed soft landing strategies were studied and
two of them were selected for the design of the final descent sequence. This descent
sequence was divided in three different phases: a braking phase, an approach phase
and a vertical descent phase. After that, in chapter 4, a selection of instruments for
the descent were suggested. This selection of instruments consists in 4 main engines,
two optical cameras (mapping camera and descent camera), two Lidar sensors (flash
Lidar camera and Lidar Velocimeter) and three inertial measurement units. The
integration of all this sensors into a general GNC scheme has been briefly outlined.
Finally, a simulator of the dynamics of the lander were developed using MATLABr

and its performance was assessed through the calculation of the landing ellipse. This
evaluation showed that all the requirements derived in 3 can be met by the proposed
configuration.

We can conclude that all the objectives established at the beginning of this project
for the Descent & Landing Work Package and outlined in 1.2 have been fulfilled.
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6.2 Future Work

If the project were to continue the natural next steps would be focused on improve
the simulator to have a better representation of the real implementation. Some of
those next steps are briefly outlined here

1. Research and implementation of the Hazard Detection and Avoidance Algo-
rithms.

2. Implementation of the attitude controller of the AOCS WP.

3. Improve the model of the different measures of the proposed sensors.

4. Implementation of the Kalman filtering estimation techniques.
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Appendix A

Executive Summary: LMO -
Descent & Landing

In this appendix the relevant facts and figures of the descent and landing work
package are summarized.

A.1 Requirements

For the descent & landing work packages, the top-level requirements are:

R DL 01 The spacecraft shall be able to land on the Lunar South Pole.

R DL 02 The spacecraft shall be able to withstand the landing conditions.

R DL 03 The spacecraft shall land vertically.

R DL 04 The spacecraft shall be able to land autonomously.

R DL 05 The spacecraft shall be able to land inside a 200x200 m landing
ellipse centred in the landing site.

R DL 06 The spacecraft shall be able perform an initial mapping of the
potential landing sites previous to landing.

R DL 07 The spacecraft shall be able to change the landing location at any
point prior or during the landing sequence.

R DL 08 The spacecraft shall be able to communicate directly with Earth
during the whole landing sequence.

R DL 09 The engines of the spacecraft shall not be turned off at any point
of the descent trajectory.
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A.2 Mission Scenario

From the arrival at the Moon until the landing at the designed location, the mission
scenario will follow the following sequences:

1. Arrival at the Moon in an elliptical 100x15 km altitude mapping orbit. Initial
mapping of the potential landing sites will be performed here.

2. Circular Parking orbit of 100 km during a whole revolution of the Moon to
obtain the same geometric conditions as in the mapping.

3. Elliptical 100x15 km descent orbit.

4. At the periapis of the orbit, beginning of the braking phase using optimal
control theory as a guidance law.

5. At 4 km of altitude above the surface of the Moon, change into a Zero-Effort-
Miss/Zero-Velocity-Miss guidance algorithm to begin the approach phase.

6. The approach phase finishes with the spacecraft hoovering vertically at 100 m
over the landing site. A constant velocity descent places the spacecraft on the
ground. Horizontal displacement achieved using reaction control thrusters.

A.3 Mapping Camera

To assure a successful mission, a previous mapping of potential landing sites have to
be carried out. An optical mapping camera able to acquire 2.5 m resolution images
in swath width of 10 is designed. The relevant parameters of this imager sensor are:

Parameters Value Units

Focal length 331 mm
FOV 38.96 deg

Operating Wavelength 540 nm
Mass 1.15 kg
Power 28.4 W

Dimensions 127x89.2x122 mm

Table A.1: Mapping Camera Parameters
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A.4 Hardware for Descent & Landing

The following scheme is proposed for the Guidance Navigation and Control of the
descent.

Figure A.1: Proposed GNC scheme for the descent

This GNC scheme will be formed by:

Component Amount Name Manufacturer Main Function

Main Engine 4 R-42DM Aerojet Propulsion System
IMU 2 Miniature IMU Honeywell Inertial Navigation
IMU 1 LN-200S Northrop Grumman Inertial Navigation

Optical Camera 1 Self-designed Mapping
Flash Lidar 1 DragonEye ASC Navigation, HDA

Descent Camera 1 MARDI MSSS Navigation, HDA
Lidar Velocimeter 1 NA Efacec Altimetry, Velocimetry

Table A.2: Hardware for Descent and Landing
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A.5 Descent Sequence

The descent sequence begins at the periapsis of the landing ellipse and finishes with
the spacecraft achieving a soft landing on the desired landing location. The relevant
parameters of the sequence are shown in table A.3

Phase Braking Approach Vertical Descent

Lander Mass at beginning 1460 kg 849 kg 809 kg
Lander Mass at end 849 kg 804 kg 797 kg

Altitude at beginning 15000 m 3966 m 98.4 m
Altitude at end 3966 m 98.4 m 0 m

Downrange at beginning 543360 m 3000 m 0 m
Downrange at end 3000 m 0 m 0 m

Duration 592 s 82 s 17 s
Propellant Mass 611 kg 45 kg 7 kg

∆V 1739 m·s−1 173 m·s−1 27 m·s−1

Total Duration 691 s
Total Propellant 663 kg

Total ∆V 1939 m·s−1

Table A.3: Parameters of the descent phases

Figure A.2: Summary of the nominal descent sequence
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Appendix B

Common Appendix

B.1 Mission Statement

“To design a spacecraft that is able to land and drill on the lunar surface before 2024,
deposit a time capsule and perform in situ scientific experiments for the purpose of
future scientific exploitation and human exploration within the budget of $0.75 Bn.
”

B.2 System Requirements

1. External System interfaces

1. The spacecraft shall be able to communicate directly with a ground station.

2. The spacecraft shall have a drill capable of penetrating the lunar regolith.

3. The spacecraft shall be compatible with currently available launchers.

2. Environment

1. The spacecraft shall be able to withstand Temperature swings from 100 K to
360 K,

2. The Spacecraft shall be able to withstand a continuous night of 27.7 hours.

3. The spacecraft shall be able to withstand the radiation environment during
solar maxima.

4. The spacecraft shall be able to withstand launch conditions of the Falcon 9.1
launcher.
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3. Mission, Operations, Lifetime

1. The spacecraft shall be able to perform lunar insertion, orbital manoeuvres
and a powered landing.

2. The spacecraft shall land at the Shackleton Rim (site A.2) with coordinates
(lat/long) - 89.7788, -153.4349 degrees.

3. The spacecraft shall be able to perform imaging of the landing site prior to
descent.

4. The spacecraft shall have a minimum lifetime equivalent to the time needed
to complete the drilling.

5. The spacecraft shall incorporate the necessary instrumentation to:

• Determine existence of volatiles and their origin.

• Investigate geochemistry/mineralogy of the lunar crust

• Constrain model of lunar interior.

• Characterise lunar environment for future human exploration

4. Functional requirements

1. The Spacecraft shall be able to drill to a minimum depth of 20m.

2. The spacecraft shall be able to deposit a time capsule of a minimum mass of
2 kg and minimum volume of 2m3 in the borehole.

3. The spacecraft shall be able to perform in-situ analysis of the retrieved samples.

4. The spacecraft shall be able to retrieve the core samples from the borehole
and move them within its body.

5. The spacecraft shall be able to receive new commands and programs from the
ground station.

5. Reliability and Fault Tolerance Requirements

1. The drill shall have built in redundancy for loss of drill bits.

6. Maintenance, Accessibility, Reparability & Testability

1. The drill shall be able to change drill bits autonomously.

7. Mandatory Design Safety Factors and Margins
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1. The spacecraft shall be able to communicate directly with the ground station
during the whole descent trajectory.

2. The Spacecraft shall be able to land within a 200mx200m ellipse centred on
the target.

3. The spacecraft shall have sufficient data storage to account for an 11.04 day
period without Communication.

4. The spacecraft shall have sufficient battery power to last a minimum period
of 27.7 hours without power generation.

5. The spacecraft’s power generation shall be net positive when under full power
load.

6. The spacecraft shall be able to operate on a slope of maximum 15 degrees.

8. Cost and Schedule Objectives

1. The spacecraft shall cost no more than 750 FY$12M, including its launch.

2. The spacecraft shall be ready for launch by the year 2024.

9. Performance Definition

1. The spacecraft is able to perform a sample return.

2. The spacecraft is able to fully operate during the night time.

3. The spacecraft is able to operate autonomously throughout communication
blackout.

4. The spacecraft is able to characterise the impact history of the landing site
[5].

5. The spacecraft is able to assess potential of lunar surface for astronomical
observations [5].

6. The spacecraft includes devices used to engage with the public.
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B.3 Work Break down Structure

Figure B.1: Chart of Work Breakdown Structure
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B.4 Baseline

This section describes the baseline mission selected by the team to fulfil the require-
ments and mission statement.

The baseline mission utilises a lander spacecraft to the moon. The chosen landing
site is South Pole Atkins next to the Shackleton Crater due to period of illumination
and potential volatiles studies. The spacecraft accommodates an automated wireline
drill system, 16 scientific instruments and 10 150x40mm public/private archives.
The payloads carried were based on the revenue generator for the LM1 project
and science goals to understand the properties of lunar environment for the future
mankind exploration. Figure B.2 displays the potential landing sites and Figure B.3
represents the CAD model of the spacecraft.

Figure B.2: Possible landing sites at the South Pole Atkin near Shackleton Crater
labelled SR1, SR2 and SR3 [1]

57
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Figure B.3: CAD representation of the LM1 Lander

The drill subsystem is the primary component of the spacecraft. It has the capability
to drill up to a depth of 100m, retrieving the drilled sample and upon completion
deposits the public/private in the borehole. The retrieved sample will be extracted
via the borehole to the science payloads for analysis.
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Table B.1: Components list
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Table B.2: Drill sub-system components list

Table B.3: Spacecraft sub-system mass

Table B.4: Spacecraft landing mass

Table B.5: Spacecraft final mass (wet mass)
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B.5 Mission Timeline

For Lunar Mission One, the mission timeline comprises five main mission phases:

• Launch and Early Operations Phase, which includes the launch and the Earth
parking orbit the spacecraft will be inserted in [11], [37].

• Lunar transfer, which consists of the spacecraft’s journey to the Moon [11].

• Lunar insertion and mapping, which represents the spacecraft’s arrival to the
Moon and the mapping of the landing site, required for the later landing [11].

• Descent & Landing, which will lead to the spacecraft safely landed on the
lunar surface [38].

• On-surface Operations and Science, which includes all the operations to drill
beneath the surface and perform sample analysis, i.e. the goal of Lunar Mission
One.

Note: For this section, a detailed timeline of all events regarding AOCS has been
created by AOCS WP [12]. As it contains numerous events that would overcompli-
cate the overall timeline and make it unreadable, only key events have been selected
to be shown in the Operations timeline. They however have been taken into account,
they are only not directly displayed in this Section. More details about this specific
timeline can be found in the AOCS report [12].

B.5.1 Launch and Early Operations Phase (LEOP)

The spacecraft will be launched from Cape Canaveral, Florida (USA) on 28/08/2024
at 12:47 GMT by a Falcon 9 launcher [37]. This date has been chosen by the Orbits
and Descent & Landing WPs [11] [38] after the landing date, obtained by Operations
WP, has been provided to them.

The launch window is a critical parameter in terms of operations: if the launch
window is missed due to weather or technical reasons, the whole orbital trajectory
to the Moon will be changed due to the evolution of the relative position of the
Earth and the Moon. The Orbits WP has suggested a delay of at least 27 days in
order to wait for the same geometrical conditions to be met again [11].

The Launch and Early Operations Phase is designed as follows:

• It will take 10mins for the launcher to place its payload in a circular orbit
around the Earth at an altitude of 300km [11].

The payload delivered in this orbit consists of the spacecraft as well as the
upper stage of the Falcon 9, still attached to it.
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• The payload will stay in parking orbit for 50mins in order to align itself with
the trans-lunar trajectory [11].

No health checks will be performed while the spacecraft is in parking orbit.

The spacecraft will stay in stowed configuration and in safe mode (non-essential
functions turned off) during the entire duration of the LEOP phase and will
rely on its batteries for any power needed.

Two instruments, the dust analyser and the radiation monitor will be turned
on and run until the end of the mission [39]. The upper stage of the Falcon
9 will perform any AOCS manoeuvre that may be required as the spacecraft
will not have any of its AOCS turned on [12].

• Once it has reached the insertion point in the parking orbit, the upper stage
of the Falcon 9 will perform the trans-lunar injection burn on 28/08/2024 at
13:47 [11].

During this manoeuvre, the spacecraft will detach from the upper stage and
start its journey to the Moon. The upper stage will remain in Low Earth
Orbit (LEO). No controlled re-entry has been planned for it in the scope of
this project. In order to comply with ESA’s intention to mitigate space debris
in LEO, the amount of remaining propellant in the upper stage should be
looked at. If enough propellant remain, a de-orbiting burn can be performed
in order to make the upper stage reenter the atmosphere and burn.

Event Starting Date - Duration
1. Launch 28/08/2024 12:47 – 10min

2. Earth parking orbit 28/08/2024 12:57 – 50min
3. Dust analyser and radiation 28/08/2024 12:57

monitor switched on – until end of mission
4. Trans-lunar injection 28/08/2024 13:47

Table B.6: Summary of LEO phase

B.5.2 Lunar transfer

The total duration of the lunar transfer is 2 days 18hrs [11].

• TT&C communications will be turned on on 28/08/2024 at 14:01, i.e. after the
spacecraft has started its cruise to the Moon and been detumbled [12]. This
will allow health checks of the spacecraft to be performed. TT&C downlink is
estimated to last around 10mins.

• On 31s/08/2024 at 08:59, the spacecraft will perform an 180deg rotation in
order to put the thrusters in the correct orientation for the deceleration that
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will be performed to enter the Moon’s capture orbit [12]. TT&C communica-
tions will once again run in order to check that the spacecraft is in the correct
orientation.

Event Starting Date - Duration
5. Trans-lunar injection 28/08/2024 13 :47
6. Detumbling of S/C 28/08/2024 13 :47 – 13.8min

7. TT&C communications 28/08/2024 14 :01 – 10min
8. Rotation of S/C for 31/08/2024 8 :59 – 13.8min

thruster alignment
9. TT&C communications 31/08/2024 11 :13 – 10min

Table B.7: Summary of Lunar Transfer Phase

B.5.3 Lunar insertion and mapping

This phase will last a total of 28 days [11].

• The spacecraft will reach the Moon’s vicinity and enter a capture elliptical
orbit on 31/08/2024 at 12:00, with a periapsis of 15km altitude in order to
perform good lunar surface imaging [11].

TT&C communications will run in order to check that the spacecraft has
correctly entered its orbit.

The spacecraft will perform a mapping of the desired landing area and a num-
ber of other sites at the South Pole during five orbits, i.e. 8hrs 32min.

• At the end of the mapping sequence, at 19:37, the thrusters will realign them-
selves in order to reaccelerate the spacecraft into a circular parking orbit of
100km altitude. The spacecraft will stay in this orbit for 27 days 56min in
order to wait for the same alignment with the landing site as it was during the
mapping phase [11].

• After the spacecraft has reached its circular parking orbit, the data collected
during mapping will be downlinked back to Earth for processing. The downlink
is estimated to last 10min.

• The data processing is estimated to last 3 days. The updated landing site and
sequence will then be uplinked back to the spacecraft on 03/09/2024 at 20:42,
which should last about 20min.

• Another thrusters’ realignment will take place in order to prepare the space-
craft for its descent and landing sequence [12].

• On 27/09/2024 at 21:28, the spacecraft will enter a landing ellipse and will
stay in this orbit for 2hrs 51min before it starts its landing sequence [11].
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Event Starting Date - Duration
10. Elliptical orbit capture 31/08/2024 12 :00

11. Mapping phase 31/08/2024 12:00 – 8hrs 32min
12. S/C detumbling 31/08/2024 12 :00 – 13.8min

13. TT&C communications 31/08/2024 12:14 – 10min
14. Thrusters realignment 31/08/2024 19 :37 – 13.8min
15. TT&C communications 31/08/2024 20 :21 – 10min
16. Circular parking orbit 31/08/2024 20:32 – 27 days 56min

17. Downlink of mapping data 31/08/2024 20:32 – 10min
18. On ground data processing 31/08/2024 20:42 – 3 days

19. Uplink of updated procedures 03/09/2024 20:42 – 20min
20. Thrusters realignment 27/09/2024 19 :03 – 13.8min
21. TT&C communications 27/09/2024 21 :17 – 10min

22. Landing ellipse 327/09/2024 21:28 – 2hrs 51min 56min

Table B.8: Summary of Lunar insertion and Mapping Phase

B.5.4 Descent and Landing

On 28/09/2024, the spacecraft will start its descent sequence towards the lunar
surface that will last a total of 12min [38].

• At 21:28, the spacecraft will go from its circular parking orbit into an elliptical
orbit with a periapsis of 15km altitude.

• At 00:19, the spacecraft will reach the periapsis of its orbit and brake for 7min
54s in order to reduce its velocity and altitude.

• Once it has descended down to 4km altitude at 00:27, it will perform an
approach phase during 71s.

• At 00:28, at 100m above the lunar surface, the spacecraft will perform a vertical
descent for 19s and land at 00:28.

Event Starting Date - Duration
23. Periapsis brake 28/09/2024 00:19 – 7min 54s
24. Approach phase 28/09/2024 00:27 – 1min 11s
25. Vertical descent 28/08/2024 00:28 – 19s

26. S/C landed 29/08/2024 00:28

Table B.9: Summary of Descent and Landing
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B.5.5 On-surface operations and science

On 28/09/2024 at 00:28 the spacecraft will land on the lunar surface and the lunar
operations will start. The drilling and sample analysis phase will last a total of
122.34 days.

• The spacecraft will run health checks for 23hrs 32min. TT&C communications
will run the entire time.

• On 29/09/2024 at 00:00, the spacecraft will start drilling operations and sam-
ple analysis phase.

• On 25/10/2024 at 12:00, the spacecraft will be switched off for 16hrs in order
to make it survive the partial solar eclipse encountered on the surface.

• On 26/10/2024 at 04:00, the drilling operations and analysis will start again.

• On 29/01/2025, the drilling and sample analysis phase will be finished and the
drill will have reached a depth of 100.8m. The public archives and the science
probe will be carried down the borehole and left there.

• The science probe will perform in-situ study of the borehole for as long as
possible.

• On 23/02/2025 at 17:45 the spacecraft will be switched off again for 16hrs in
order to enable its survivability during the other partial eclipse.

• On 24/02/2025 at 9:45 the spacecraft will be switched on again.

• On 24/03/2025, the landing site will no longer receive enough sunlight to
charge its batteries and will then cease to function after a few hours. This will
conclude the end of Lunar Mission One.

Event Starting Date - Duration
27. Health checks 28/09/2024 00:28 – 23hrs 32min

28. Start of drilling operations 29/09/2024 00:00 – 27days 12hrs
and sample analysis phase (DOSA)

29. S/C 1st switch off for partial eclipse 25/10/2024 12:00 – 16hrs
30. Continue of DOSA phase 26/10/2024 04:00 – 94 days

31. End of DOSA phase 26/10/2024 04:00 – 94 days
32. Start of extra science phase 29/01/2025 08:10 – 24.74 days

33. S/C 2nd switch off for partial eclipse 23/02/2025 02:00 – 11hrs
34. Continuing of extra science phase 23/02/2025 13:00 – 30 days

35. End of constant illumination period 24/03/2025

Table B.10: Summary of on-surface operations and science phase
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B.5.6 Overall timeline of Lunar Mission One

A summary of all the activities performed in the scope of Lunar Mission One can
be found [9]. The overall length of the mission, from launch to the loss of optimal
illumination conditions is 7 months, which is relatively short for an extra-terrestrial
scientific robotic mission.

66
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Table B.11: Mission timeline summary

B.6 Budgets

B.6.1 Cost Budget

Table B.12: Table of cost
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B.6.2 Power Budget

Table B.13: Power consumption throughout the mission

Table B.14: Overall Power Consumption
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B.6.3 ∆V Budget

Table B.15: Mission ∆V Budget
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B.6.4 Communication

Table B.16: Spacecraft Antennas technical information
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Table B.17: Ground Station Details
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B.6.5 Data rates

Table B.18: Spacecraft Instrument Data rates
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B.7 Configuration

Figure B.4: Fairing Dimensions of the Falcon-9 Full Thrust, Space X (2015)
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Figure B.5: Spacecraft stowed inside the Falcon-9 Full Thrust fairing
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Figure B.6: Spacecraft top view

Figure B.7: Spacecraft front view
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Figure B.8: Spacecraft internal view
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Appendix C

Calculations

In this section some relevant extra calculations are shown for completeness.

C.1 Preliminary calculation

In this section, preliminary calculations for the descent will be shown.

C.1.1 Soft-Landing

From the initial budgets estimations, an initial dry mass of 800 kg will be used.

mdry = 800 (C.1)

The proposed mission sequence will be as follows:

1. Initial lunar circular polar parking orbit around the Moon with an altitude of
100 km.

2. Transfer into an elliptical orbit with an apoapsis altitude of 100 km and a
periapsis altitude of 15 km.

3. A single impulsive burn will kill all the orbital velocity in the periapsis of the
elliptical orbit.

4. The spacecraft follows a vertical free fall trajectory.

5. At an altitude of 100 m, the the vertical velocity is killed by another impul-
sive burn and the spacecraft descents at a constant velocity of -1 m/s until
touchdown.
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Table C.1 sums up the relevant parameters for the soft-landing estimation.

Parameter Symbol Value Units

Dry mass mdry 800 kg
Gravitational Parameter µM 4.9028E12 m3·s−2

Moon Radius RM 1738200 m
Apoapsis altitude ha 100000 m
Periapsis altitude hp 15000 m
Threshold altitude ht 100 m

Vertical descent velocity vd -1 m·s−1
Engine Specific Impulse Isp 333 s

Table C.1: Relevant parameters for the soft-landing calculations

The initial velocity in the circular parking orbit is

vcircular =

√
µM

RM + ha
= 1633 m · s−1 (C.2)

The velocity in the apoapsis and periapsis of the elliptical orbit is

vap =

√
2µM

(
1

RM + ha
− 1

2RM + ha + hp

)
= 1613 m · s−1 (C.3)

vp =

√
2µM

(
1

RM + hp
− 1

2RM + ha + hp

)
= 1691 m · s−1 (C.4)

The total velocity achieved during the free fall trajectory is

vff = −

√
2µM

(
1

RM + ht
− 1

RM + hp

)
= −219 m · s−1 (C.5)

The total ∆v for the initial stages is:

∆V = ∆V1 + ∆V2 + ∆V3 = (vcircular − vap) + (vp) + (vd − vff ) (C.6)

∆V = 1929 m · s−1 (C.7)

For the final constant velocity descent, we can assume that the gravity is constant
and equal to the gravity on the Moon surface

gM =
µM
R2
M

(C.8)
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The differential equation that models the dynamics of the constant velocity descent
is

d(mV )

dt
= −mgM + T (C.9)

where T is the thrust that can be model as

T = −dm
dt
Isp (C.10)

Knowing that

v =
dh

dt
= vt = −1 m · s−1 (C.11)

Using C.10 and C.11 in C.9 we obtain:

dm

m
=

−gM
(vt + Isp) vt

dh (C.12)

The integration of C.12 is trivial and gives us a propellant mass for the final constant
velocity descent of

mpvd = mdry

(
e

−gMht
vt(vt+Isp) − 1

)
= 40 kg (C.13)

With this propellant mass and the ∆V calculated in C.7, we can use the rocket
equation to obtain the total propellant mass required for the descent

mpropellant = mpvd + (mdry +mpvd)
(
e

∆V
Isp
−1
)

(C.14)

As a first estimation, the total propellant mass needed for landing is

mpropellant = 717 kg (C.15)

C.1.2 Hard-landing

For a hard landing scencario, the following assumptions will be used:

• Initial lunar circular polar parking orbit around the Moon with an altitude of
100 km.

• Transfer into a elliptical orbit with an apoapsis altitude of 100 km and a
periapsis altitude of 0 km.

• The spacecraft is able to disipate all the kinetic energy of the impact.
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The velocity on the circular orbit remains the same:

vcircular =

√
µM

RM + ha
= 1633 m · s−1 (C.16)

The velocity on the apoapsis of the elliptical orbit is:

vap =

√
2µM

(
1

RM + ha
− 1

2RM + ha + hp

)
= 1610 m · s−1 (C.17)

The ∆V for this manoeuvre is

∆V = vcircular − vap = 1633− 1610 = 23 m · s−1 (C.18)

The total propellant consumption for this manoeuvre is

mpropellant = mdry ∗
(
e

∆V
Isp
−1
)

= 9.51 kg (C.19)

The velocity at touch down would be:

vtd =

√
2µM

(
1

RM

− 1

2RM + ha

)
= 1702 m · s−1 (C.20)

The total kinetic energy that should be dissipated in a hard landing would be:

KE =
1

2
mdrv

2
td = 1159.8 MJ (C.21)
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C.2 Mapping Camera

Orbit and Viewing Calculations
Parameter Value Unit Comment
Altitude 15000 m Periapsis
Period 6828 s

Ground Track Velocity 1691 m·s−1
Node Spacing 1.04 deg

Moon Angular Radius 82.5 deg
Elevation Angle 40 deg Design Parameter

Max Nadir Angle 49.42 deg
Max Moon Central Angle 0.58 deg

Max Distance 23195 m
Swath width 1.16 deg

Table C.2: Orbit and Viewing Calculations for the mapping camera

Pixel Parameters and Data rate
Parameter Value Unit Comment

Along Track Sampling Distance 3.85 m Design Parameter
Along Track IFOV 0.00951 deg

Cross Track Sampling Distance 3.85 m Design Parameter
Cross Track IFOV 0.00951 deg

Along Track Ground Pixel Resolution 2.49 m
Cross Track Ground Pixel Resolution 2.49 m

Number of Cross Track Pixels 10393
Number of Along Track Pixels 10393

Swaths Recorded Along
Track in 1 second 439

Number of Bits to enconde each pixel 8 bits Design Parameter
Number of Spectral Bands 1 Design Parameter

Estimated Data Rate 36.54 Mbps

Table C.3: Pixel Parameters and Data Rate

Sensor Integration Parameters
Parameter Value Unit Comment

Pixels for Whiskbroom integration 4096 Design Parameter
Swap Width Overlap 1.1 Design Parameter

Pixel Integration Time 0.00035 s
Pixel Read Out Frequency 2889 Hz

Table C.4: Sensor Integration Parameters
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Sensor Optics
Parameter Value Unit Comment

Cross Track detector size 5.5 µm Design Parameter
Quality Factor for Imaging 1.2 Typical Value

Operating Wavelength 540 nm Design Parameter
Focal length 331 mm

Diffraction Limited Aperture 2.7 mm
F# 9 Design Parameter

Aperture Selected 3.68 mm Design Parameter
FOV 38.26 deg

Cut off frequency 1.52·105 m−1

Nyquist Frequency 9.09 · 104 m−1

Relative Nyquist Frequency 6

Table C.5: Sensor Optics

Sensor Radiometry
Parameter Value Unit Comment

Blackbody temperature of Moon 270 K
Spectral bandwidth 400 nm Design Parameter

Moon Albedo 0.2
Average RAdiance 27 W·m−2·sr−1

Radiated power of a single detector 336 W·sr−1
Input power at sensor 15.9 pW

Optical transmission factor 0.8 Typical Value
Input power at detector 12.7 pW

Available energy 4.41 fJ
Available photons 1200
Quatum Efficiency 0.6 Typical Value

Photocarriers available 7180
Noise electrons 84

Noise read out electrons 5000 Typical Value
Total noise electrons 71.3

SNR 101

Table C.6: Sensor Radiometry
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Appendix D

Datasheets

D.1 Aerojet R-42DM

Approved for public release and export 

Rev. Date:   10/16/09 
Aerojet-Redmond Clearance No.:  2009-011 
11411 139th Place NE  •  Redmond, WA 98052 
(425) 885-5000  FAX (425) 882-5747 
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D.2 Honeywell Miniature IMU

DFOISR# 03-S-1918
G61-0401-000-000
January 2006
© 2006 Honeywell International Inc

Find out more
For more information regarding the

MIMU, contact us at:

http://www.honeywell.com/sites/aero/Space.htm

Honeywell
Defense & Space

13350 US Highway 19 North

Clearwater, Florida 33764-7290

Tel: 602.365.3099

www.honeywell.com

• Pyrotechnic Shock 40,000g

• Radiation Hardened

- 100 Krad Total Dose

- SEU Tolerant

- Latchup Immune

Available Options

• Primary Power  28Vdc to 100 Vdc

• Velocity Channel

With more than 40 Miniature Inertial

Measurement Units (MIMUs) successfully

launched, 120 delivered, and 50 more on

order, the MIMU has quickly become the

inertial measurement system of choice for

commercial and military satellite and

space exploration programs.

FFeeaattuurreess

• 3 Axis Angular Measurement using

proven GG1320 RLG

• Enhanced Built-in Test

• RS422 and MIL-STD-1553B

• Stimulus Ground Test Function

• Software Upload

• 100 Vdc Primary Power

• In-rush and Current Limiting

• On/Off Command

MMaaiinn  BBuuddggeettss

• Size.............233 mm Ø x 169 mm

• Weight.....≤ 4.7 kg (4.44 Kg Typical)

• Power.....≤ 32 Watts (22 Watts Typical)

• Reliability...≤ 2200 FIT (30°C)

Performance (Typical)

• Range...± 375 deg/sec

• Bias (1σ)....≤ 0.005 deg/hr

• ARW (1σ)....≤ 0.005 deg/rt-hr

• Scale Factor (1σ)....≤ 1 ppm

• IA Alignment (1σ)....≤ 1 70μrad

Environments

• -30°C to 65°C (operating)

• Space Vacuum

• EMI per MIL-STD-461c

• Acceleration 25g

• Random Vibration 19.7 grms

MIMU
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D.3 Northrop Grumman LN-200S IMU

The LN-200S inertial 
fiber-optic gyro for 
space applications offers 

outstanding accel/gyro bias and 
random walk performance.

Description
The LN-200S is a small, lightweight, 
highly reliable, state-of-the-art 
fiber-optic inertial measurement 
unit (IMU). The LN-200S comprises 
three solid-state fiber-optic gyros 
and three solid-state silicon Micro 
Electro-Mechanical Systems 
accelerometers in a compact 
package that measures velocity 
and angle changes in a coordinate 
system fixed relative to its case. 
Digital output data of incremental 
velocity and angle are provided to 
user equipment over a digital serial 
data bus.

The LN-200S has the performance 
of the LN-200 family, with additional 
screening and utilization of 
radiation-tolerant components for 
space environments. Additionally, 

the LN-200S has the same form 
factor as the standard LN-200.

The LN-200S can be installed with 
software variations that include 
selectable data rate outputs from 
delta thetas and delta velocities.

Applications
Designed for short- to medium-
term space missions, the LN-200S 
provides highly reliable attitude 
reference and acceleration data for 
moderate performance  
demands, including:

•	Earth and heliocentric orbits

•	Missions lasting up to six years

•	Moderate three-axis inertial 
reference

Advantages
Adapted from Northrop Grumman’s 
medium accuracy IMU, the 
LN-200S maintains performance, 
even in demanding environmental 
conditions. The unit is hermetically 

sealed, which is advantageous for 
planetary and asteroid probes. The 
non-dithered, low-voltage inertial 
sensors ensure long, reliable usage 
life and low noise. The LN-200S 
IMU has been utilized and is still 
performing on the NASA Mars 
rovers after more than 10 years. The 
LN-200S has the lowest gyro and 
accelerometer white noise in the 
medium accuracy IMU class.

With full IMU functionality, the 
LN-200S performs critical 
functions in a spacecraft 
attitude control system. Its wide 
dynamic range makes it ideal for 
attitude determination and high 
maneuvers such as spacecraft 
slewing, despinning and thrust 
measurements. Its accelerometers 
provide inertial data useful for 
delta-V and other specific  
force measurements.

	
	
	

LN-200S 	
Inertial Measurement Unit (IMU) 
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www.northropgrumman.com
© 2013 Northrop Grumman Systems Corporation
All rights reserved.

For more information, please 
contact:

Northrop Grumman  
Navigation and Maritime Systems 
21240 Burbank Boulevard 
Woodland Hills, CA 91367 USA 
1-866-NGNAVSYS (646-2879) 
www.northropgrumman.com

Heritage
The LN-200S is part of the LN-200 
product line, which has been in high-
rate production since 1994 with 
more than 25,000 units produced. 
Northrop Grumman has a broad, 
strong business base for this family 
of systems and can ensure its avail-
ability and support for even the most 
demanding production quantities. 
Benefiting from the production line, 
the low-cost LN-200S unit is highly 
attractive to missions for flight dem-
onstration, sensor redundancy and 
multiple phases.

The first prototype LN-200S was 
qualified for space flight onboard 
the Clementine spacecraft. Many 
spacecraft now depend on the IMU 
to provide reliable inertial data for 
low-earth orbit and space probe 
missions. Additional spacecraft that 
use the LN-200S include the  
following:

•	BATSAT (Teledesic I)

•	Deep Space I

•	TSX-5

•	MightySat II

•	Space Station Interim Control 
Module

•	Shuttle/SAFER

•	VCL

•	OrbView-3

•	GRACE

•	QuikTOMS

•	Muses-C

•	Coriolis

•	Mars Rover (Spirit, Opportunity, 
and now, Curiosity)

Performance
Accelerometer (1σ)

Bias Repeat-
ability

300 µg, 1σ

Noise 35 µg/√Hz

Scale Factor Ac-
curacy

300 ppm, 1σ

Input Axis Align-
ment

0.1 mrad

Max Input Accel 40 g

Gyro (1s)

Bias Repeat-
ability

1°/hr, 1σ

Bias Stability 
(60 min)

<0.1°/hr

Scale Factor 
Stability

100 ppm

Angle Random 
Walk

<0.07°/√hr

Input Axis Align-
ment

0.1 mrad

Dynamic Range 
(max)

1,000°/sec

Bandwidth 200 Hz @ 400 Hz 
data rate

Characteristics
Power 12w nominal, regu-

lated at ±5 Vdc and 
±15 Vdc

Dimensions Diameter: 3.5 in. 
(8.89 cm)
Height: 3.35 in.  
(8.51 cm)
(plus connector)

Weight 1.65 lb (748 g)

Volume 35 in3

Temperature 
Range

-54°C (-65.2°F) to 
+71°C (+159.8°F)

Survival Temp 
Range

-62°C (-79.6°F) to 
85°C (+185°F) Perf

Shock 400 g/100 Hz; 
1,500 g/1,000 Hz

Vibration  
(survival)

15 g rms random

Radiation Toler-
ant

10 Krad

Electrical Inter-
face Protocol

RS-422/485 serial 
data

Enclosure Hermetically sealed

25441_022013

DS-474-JYC-0213 
ePROCS: 13-0452 
2013 WH Graphics
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D.4 Efacec Lidar Velocimeter/Altimeter

Product Portfolio

Overview

LANDER’s ALTIMETERS - LIDAR / RADAR

A direct and reliable measurement of the ground distance by a terrain sensor is a key asset for 
any planetary descent and landing system that allows the triggering of key events of the entry, 
descent and landing sequence (EDL).

Depending on the environment LIDAR or RADAR versions may be preferred options, or a combined 
solution using both versions with technology redundancy.

Several missions are targets for these Altimeters:

•	 Mars landing missions

•	 Moons landing missions

•	 Asteroids landing missions

Efacec development focuses on low resources European Altimeters able to meet the stringent 
requirements of those missions.

Functionalities

•	 Measure distance from 7km down to 10m

•	 Accuracy of 0,33% ± 0,8m

•	 Calculate distance, speed and acceleration

•	 Kalman filter built-in

•	 Communicate through Space-Wire / CAN-Bus

•	 Powered by spacecraft 28V rail

•	 HV-HPC On/Off Command

•	 BSM On/Off Status

•	 BSM single trigger configurable alarm

Benefits

•	 Low mass

•	 Low power

•	 Low communication link budget

•	 Integrated algorithms

•	 Updatable configuration during cruise phase

MARS Lander

Altimeter Flight model

Copyright ©  ESA 
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Efacec Electric Mobility, S.A.
Rua Eng. Frederico Ulrich  -  Ap. 3078  |  4471-907 Moreira Maia  |  Portugal  |  Phone: +351 229 402 000  |  Fax: +351 229 485 428  |  e-mail: aerospace@efacec.com  |  web: www.efacec.com mod.  CS207I1406A1

Functional Characteristics

•	 Powered by 28V DC

•	 Communicates using the Space-Wire  or CAN-bus

•	 ON/OFF HV-HPC commands

•	 ON/OFF BSM Status

•	 Configurable distance trigger alarm – BSM

•	 Discrete telemetry

•	 EGSE port for (re)calibration purposes

•	 Reports time tagged distance (1ms accuracy) and derivate data upon host request

•	 Housekeeping information reporting instrument health-check @ 1min resolution

•	 RADAR / LIDAR frontend disable functionality to allow in-flight verification / validation 
/ SW update

Typical Specifications

•	 Power consumption	

•	 Weight	

•	 Size	

•	 Field of View	

•	 Measurement rate	

•	 Fulfils the following standards:
◦◦ ECSS
◦◦ ESCC
◦◦ Space-Wire 
◦◦ CAN-Bus
◦◦ MIL-STD-883

6W

1.5kg

150 x 120 x 150 mm3

10º

20Hz (RADAR) or 10Hz (LIDAR)

Technical Characteristics

LIDAR Altimeter - Breadboard model

RADAR Altimeter - Breadboard model
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D.5 DragonEye Flash Lidar 3D Camera

ASC 3DFLCs for OOS Applications
STS Flight Qualified 3DFLC 

As Flown 

Configuration

7/15/09

Quantities Measured: Range and Intensity

Detectors: 128 x 128 ROIC/ InGaAs APD array.

Performance: 1 meter (5 cm precision) to 4 km (60 cm precision). 

Optical/Mechanical Design: 12 mm aperture f/1.6 telescope, aluminum construction. 

Field of View: 45 by 45°

In-Flight Calibration: Single time of flight optical reference.

Mounting Orientation: Fixed to spacecraft.

Thermal Requirements: Operating   10° C to +40° C.  

Storage      -20° C to +60° C.

Frame Rate: 20 Hz

On-board Data Processing: Virtex 4 FPGA 

Mass: 3 kg

Size: 12 x 12 x 12 cm

Power: 30 W 100% duty cycle (28 -32 Vdc)

Approved for public release, distribution unlimited.
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